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Transonic flow investigations are performed in a modified shock tube with a rectangular test section. The

investigated model is a BAC3-11 airfoil with a constant cord length and a sharp trailing edge. Time-resolved

shadowgraphs and schlieren pictures show pressure waves initiated near the trailing edge and propagating

upstream, where they become apparently weaker near the leading edge. These wave processes are accompanied by

wake fluctuations and vortex generation in the boundary layer. The observed waves are also captured by pressure

transducers mounted in the airfoil model. The dominant frequencies range between approximately 0.7 and 1.5 kHz.

Using statistical analysis of the pressure histories, wave propagation direction and wave speed are determined. For

higher flow Mach numbers, a strong wave/shock interaction is also observed in which the shock, depending on the

shock strength, is attenuated and degenerated into compression waves.

Nomenclature

a1 = sound speed at freestream conditions
c = airfoil chord
Mas = wave Mach number with respect to flow
Ma1 = freestream Mach number
p = static pressure
pt = stagnation or pitot pressure
R = auto- or cross correlation
Re = Reynolds number
To = stagnation temperature
u = velocity
ulocal = local flow velocity
uw = wave speed relative to the airfoil
u� = wave speed relative to the flow
V = enclosed volume between pressure sensor and pressure

tap
x, y = Cartesian coordinates
� = angle of attack
� = ratio of specific heats
�1;2 = offaxis angles of the optical system
� = time delay

I. Introduction

A N INTERESTING phenomenon is observed when studying
transonic flow on an airfoil. Pressure waves build up near the

trailing edge and/or in the wake and propagate upstream, where they
interact with the incoming flow, strengthen before becoming
apparently weaker, and almost disappear near the leading edge. Both
experimental and numerical investigations [1] show that the
propagation of the observedwaves is coupled with vortex generation
in the boundary layer and wake fluctuations.

Upstream-moving waves originating at and closely behind the
trailing edge in the wake have already been experimentally observed
by several authors upon investigating the phenomenon of periodic
shock motions on airfoils. These waves are associated with wake
fluctuations due to unsteady shock motions and are called “Kutta
waves” by Tijdeman [2] (see Fig. 1).

Several explanations of themechanisms of shockwave oscillation
have been advanced by various authors in their investigations using
different airfoils and flow conditions. Mundell and Mabey [3]
studied the phenomenon of transonic wind-tunnel-wall interference.
They suggest that when the shock wave from the airfoil meets the
boundary layer on the roof of the wind tunnel, disturbances can
propagate upstream along the subsonic portion of the boundary layer
and feed back through the freestream to cause shock oscillations. For
symmetric airfoils at zero incidence, Gibb [4] postulated that
disturbances on one surface of the airfoil will cause an upward
deflection of the wake similar to the deflection of a trailing-edge flap.
The asymmetric wake causes the shock on the other surface to move
toward the rear. The shock waves on the upper and lower surfaces
move in antiphase, and the wake is displaced toward the surface on
which a shock-induced separation occurs. Antiphase motions of the
shock waves are required to generate self-sustained shock oscilla-
tions. Stanewsky and Basler [5] performed a wind-tunnel investi-
gation of the buffet characteristics of the CAST 7/DOA1 airfoil.
They proposed that the thickening of the boundary layer due to the
shock at the trailing edge and the corresponding drop in trailing-edge
pressure drive the shock upstream, because the shock strength must
adjust according to the trailing-edge pressure. The thickening of the
boundary layer at the trailing edge also causes a decambering of the
airfoil. This reduces the circulation and results in a decrease in the
flow Mach number in the supersonic region and hence the shock
strength. Generated pressure disturbances travel upstream along the
lower surface, where the flow is accelerated through the pressure
drop at the trailing edge. Upon reaching the leading-edge region,
these waves cause a change in the stagnation point location. A new
flowfield is developed, and the feedback mechanism for unsteady
self-sustained shockmotion is closed. Thismechanism, as explained,
is primarily driven by the unsteady boundary-layer behavior.

However, interestingly, we have observed upstream-moving
waves for flow conditions for which no shock or shock oscillations
occur. Apparently, the vortex generation in the boundary layer and
the interaction of vortices with the trailing edge play a key role in the
generation of these waves.

In the past, several authors found that a regular Kármán vortex
street can also occur in compressible subsonic flows around slender
bodies. In the flow pictures presented in their papers, upstream-
moving pressure waves could be identified. However, these waves
had been thought to be a distortion affecting the vortex street
formation and have not been investigated further. Seiler and Srulijes
[6] investigated these waves in more detail. They performed
experiments on flat plates with different trailing-edge geometries,
cylinders, and airfoils. In their work, they reported that the formation
of vortices at the trailing edges in compressible subsonic flows is
coupled with the emission of upstream-moving pressure waves.
However, for airfoils with sharp trailing edges, they could not
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observe the waves. They concluded that the waves represent a weak
acoustic phenomenon. Furthermore, they also mentioned the
possible influence of thesewaves on the laminar-turbulent boundary-
layer transition.

This paper presents experimental results for better understanding
of the preceding wave processes.

II. Experimental Setup

The test facility used is a modified shock tube with a rectangular
test section (280 � 200 mm) to perform airfoil testing at transonic
Mach numbers and relatively high Reynolds numbers extending up
to 38 � 106 based on a chord length of 100 mm. The flow behind the
incident shock wave provides the testing flow for a measurement
period of about 5 ms. The facility and its wave plan are depicted in
Fig. 2. A full description of the facility and its working principle can
be found in [7]. The testedmodel is aBAC3-11 airfoil with a 200-mm
span, 80-mm chord length, and a sharp trailing edge. To perform
pressure measurements, 11 pressure transducers are mounted
directly beneath pressure taps of 0.6-mm diameter to minimize the
influence of the pressure-transmitting volume on the pressure signals
(Fig. 3). The enclosed volume V between sensor membrane and
pressure tap is 3:45 mm3. The natural frequency of the Helmholtz
resonator [8,9] of the resulting configuration consisting of pressure
tap, transmitting volume, and sensor is about 6 kHz. Because of the

small thickness of the airfoil model, however, only pressure
measurements on one side (in this case, the suction side) are possible,
because commercial Kulite XCQ-080 pressure transducers are used.
The airfoil model is fixed to the two tunnel side walls by two thin side
plates with a thickness of 3 mm. Therefore, either the suction or
pressure side of the airfoil and the corresponding flowfield is visible.
Because of the highmechanical loading caused by the relatively high
stagnation pressure of the flow, the airfoil model cannot be fixed by
clamping between the tunnel windows [7]. Figure 4 shows a typical
example of a pitot and static pressure history measured in the test
section. Because of shock-tube boundary-layer effects, both
pressures slightly increase with time. For analyzing data, a time
window is chosen between 8 and 12ms, during which the freestream
Mach number changes only by 1.4%. The maximum uncertainty in
the measurements is as follows: p��3%, Ma��4:7%,
Re��5:8%, and u��4:5%

For visualizing flow, high-speed photography is used to obtain
highly time-resolved shadowgraphs and schlieren pictures of the
flow. Figure 5 shows the optical setup that corresponds to the classic
Toepler-Z configuration. Shadow and schlieren techniques were
applied for visualizing. In both techniques, a flashlight is used as a
light source. Two spherical mirrors of a focal length of 2000 mm
generate parallel light beams crossing the test section. A focusing
lens creates an image of the shadow plane on the camera film. For the
schlieren technique, a circular filter mask is placed close to the focal
plane of thefirst sphericalmirror.An iris diaphragm serves as a cutoff
device in the focal plane of the second spherical mirror. A cylindrical
lens is used to minimize the astigmatism error. Moreover, aberration
errors introduced by the spherical mirrors are minimized by keeping
the offaxis angles small (�1;2 � 6:9 deg). The applied camera is a
high-speed Shimadzu HPV-1 digital camera. This camera can
capture up to 1 million frames per second with a maximum of 100
frames. A constant spatial resolution of 312 � 260 pixels is
maintained at all recording speeds. Frames presented in this paper
were obtained at a frequency of 125 kHz with a chip exposure time
of 1 �s.

Fig. 1 Propagation of information from the trailing edge to the shock

wave [2].

Fig. 2 Transonic shock tube and wave plan.

Fig. 3 Pressure measurement configuration (schematic).

Fig. 4 Pitot and static pressure histories measured in the test section of

the transonic shock tube.

Fig. 5 Schematic sketch of optical setup.

ALSHABU AND OLIVIER 2067



III. Results

The experiments are conducted at chord Reynolds numbers
ranging from 1.0 to 4 � 106. The Mach numbers are between 0.65
and 0.8 at zero incidence. The corresponding stagnation pressure and
temperature ranges are 1.7 to 7.5 bar and 428 to 492 K, respectively.
Figure 6 shows time-resolved shadowgraphs for an experiment with
a Mach number of 0.72 and a Reynolds number of 2:0 � 106. The
wave structure on the suction side of the airfoil and the upstream
propagation of the waves can be easily seen. An increase in the wave
intensity is also seen in the region of maximum thickness of the
airfoil. The intensity of the waves decreases, however, as they move
further upstream toward the leading edge. Here, they become almost
invisible, depending on the sensitivity of the shadowgraph system.
Because of the line-of-sight effect of the shadowgraphs and the
limited sensitivity of the optical system, it is difficult to identify
vortex structures in the shadowgraphs. However, numerical
simulations [10] confirm that the wave generation is coupled with
vortex generation in the boundary layer (Fig. 7). These vortices
propagate downstream and interact with the trailing edge and/or the
wake, causing the waves to initiate. This shows that the vortex
generation in the boundary layer seems to play an important role in
the wave generation. Consequently, we suppose that to control the
wave generation, both the vortex generation and the interaction of the
vortices with the trailing edge have to be influenced.

Parallel to flow visualizations, pressure measurements on the
suction side of the BAC3-11 airfoil were also performed. Figure 8
shows some selected pressure histories for an experiment with a
Mach number of 0.71 and a Reynolds number of 2:0 � 106. Pressure
fluctuations in the pressure histories resulting from the
aforementioned wave processes can be seen. Starting from the
trailing edge, the intensity of these fluctuations increases in the
region of maximum thickness of the airfoil before decreasing
strongly near the leading edge. This confirms the conclusion made
from the shadowgraphs. As described next, these fluctuations were
analyzed by statistical means.

Figure 9 shows the standard deviation of the obtained pressure
signals for the time interval from 8 to 12 ms, normalized with the
freestream static pressure p1. The standard deviation, which can be
regarded as a measure of the wave intensity, confirms the preceding
conclusion. Starting with pressure fluctuations of about 2.5% at the
chord position x=c� 0:73, the pressure fluctuations intensify
upstream, reaching a maximum of about 3.5% at x=c� 0:49 before
decreasing rapidly further upstream to less than 1.0% at x=c� 0:18.
In Fig. 10, the autocorrelation functions for the pressure histories at
the positions x=c� 0:37 and 0.73 are shown. The repeated peaks of
the autocorrelation functions indicate the periodical nature of the

Fig. 6 Time-resolved shadowgraphs showing the wave propagation on

the suction side of the airfoil BAC3-11; Ma1 � 0:72, Re� 2:0 � 106,
�� 0deg, and �t� 0:1 ms.

Fig. 7 Numerical results [10]: wave structure on the suction side ofBAC3-11 airfoil (left) and vortex interaction at the trailing edge (right);Ma1 � 0:71,
Re� 3:1 � 106, and �� 0deg.
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wave processes, and the two neighboring peaks indicate the
existence of two predominant frequencies represented in the signal.
Figure 11 shows a Fourier analysis (power spectral density) of the
same pressure histories presented in Fig. 10. Figure 11 reveals two
predominant frequencies ranging from 0.7 to 1.5 kHz, as concluded
from the autocorrelation function. The same holds for other pressure
histories.

Two-point cross correlation of the pressure histories was applied
to determine the propagation direction and speed of the observed
waves. For each pressure history, the cross-correlation function was
calculated with all other pressure histories. By using the cross
correlation, the time required for one wave to travel between two
pressure sensors could be determined. The averaged wave speed
between the sensors could be estimated by knowing the distance
between the sensors. The wave speed could not be determined

between x=c� 0:11 and 0.25, because in this region, the correlation
was too weak for reliably calculating the wave speed. Furthermore,
sensor 10 at the position x=c� 0:67 exhibited a longer rise time than
with the other sensors, and thus it was not considered in the wave
speed calculations. Figure 12 shows the cross correlation of the two
pressure tap positions considered in Fig. 10 and the estimated wave
speed at the corresponding position. The negative time delays of the
correlation function of the pressure sensors located upstream of the
considered position 11 indicate that the pressure waves propagate
upstream Fig. 12 (right). Depending on the relative position of the
two sensors being correlated, positive or negative time delays result,
as shown in Fig. 12 (left). Except at the chord positions x=c� 0:31
(fourth position in Fig. 8) and 0.73, the estimated wave speed at each
sensor position is calculated as an average of the wave speeds of the
next two neighboring sensors. At the positions x=c� 0:31 and 0.73,
the wave speed is simply the estimated speed between the considered
and the next neighboring sensor. To determine the wave speed with
respect to flow, the local flow velocity has to be added. Figure 13
shows the wave speed relative to the airfoil. Regardless of the rough
spatial resolution, the figure displays the expected behavior of the
wave speed. It can be easily seen that the wave speed is lowest in the
region of high local flow velocities and increases further downstream
in the recompression zone of the airfoil.

One can compare the wave Mach number with respect to flow
given by Eq. (1) with the wave speed estimated by the cross
correlation. For the pressure amplitudes seen in Fig. 14, a typical
wave Mach number of about Mas � 1:02 to 1.04 results, whereby
p21� p2=p1 � 1:05 to 1.1, � � 1:4, and

Mas �

�����������������������������������������
�� � 1�p21 � � 	 1

2�

s
(1)

Fig. 8 Pressure histories along the suction surface of the BAC3-11 airfoil;M1� 0:71, Re� 2:0 � 106, and �� 0deg.

Fig. 9 Standard deviation of the pressure histories normalized with

p1; time period from 8 to 12 ms; Ma1 � 0:71, Re� 2:0 � 106, and

�� 0deg.

Fig. 10 Autocorrelation functions of two pressure histories at x=c� 0:37 (left) and 0.73 (right); Ma1 � 0:71, Re� 2:0 � 106, and �� 0deg.
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The absolute wave speed for the given example can be estimated as
follows. The wave speed with respect to the local flow is
approximated by

u� � uw � ulocal � uw �Ma1 
 a1

Considering a wave velocity of uw � 133 m=s, which occurs at
the rear part of the airfoil (see Fig. 13), a freestreamMach number of
Ma1 � 0:71 and a freestream sound speed of a1 � 410 m=s, a
wave speed of u� � 424 m=s results and, therewith, a wave Mach
number ofMas � u�=a1 � 1:03.

Both results (namely, the wave Mach number deduced from the
measured pressure amplitudes and from the determined wave
velocities) are in good agreement. For the preceding estimation, the
wave speed at the chord position x=c� 0:73was chosen, because the
difference between the local and the freestream flow speeds is
smallest at this sensor position. One should note here that the
preceding simple comparison applies only if the local flow velocity
can be approximated quite well by the freestream velocity. However,
this comparison reveals the usefulness of computing thewave speeds
by statistical analysis. Furthermore, the obtained wave Mach
numbers show that, as expected, the waves relative to the flow
propagate slightly faster than the speed of sound.

A. Influence of the Mach and Reynolds Numbers

In this section, some results regarding the influence of the Mach
and Reynolds number on the wave characteristics are discussed.
Figure 15 shows three shadowgraphs of the flow on the suction side
of the airfoil at different flow conditions. As depicted in Figs. 15a and
15b, an increase in the Mach number leads to an increased wave
intensity. In addition, the complexity of the wave structure increases
for higher Mach numbers. This is caused by the interaction of the
waves with some stronger local supersonic regions established at
higher Mach numbers. At higher Reynolds numbers, the wave
structure becomes more complex too (Fig. 15c). However, because
of the increased sensitivity of the optical system at higher Reynolds
numbers resulting from higher densities, it is not easy to judge the

dependence of the wave intensity on the Reynolds number via
shadowgraphs.

Figures 16a and 16b demonstrate the influence of the Mach
number on the wave intensity and wave speed, respectively. As seen
in Figs. 16a and 16b, higher Mach numbers result in larger wave

Fig. 11 Power spectral densities of two pressure histories at x=c� 0:37 (left) and 0.73 (right); Ma1 � 0:71, Re� 2:0 � 106, and �� 0deg.

Fig. 12 Cross-correlation functions of two pressure sensor signals at x=c� 0:37 (left) and 0.73 (right) with some selected pressure gauges located up-

and downstream of the considered position; Ma1 � 0:71, Re� 2:0 � 106, and �� 0deg.

Fig. 13 Determined wave speed along BAC3-11 airfoil suction side;

Ma1 � 0:71, Re� 2:0 � 106, and �� 0deg.

Fig. 14 Part of the pressure history; x=c� 0:73, Ma1 � 0:71,
Re� 2:0 � 106, and �� 0deg.
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intensities and an overall decreased wave speed with respect to the
airfoil. In Fig. 17a, it might be deduced that a small increase in the
Reynolds number of about 1 � 106 results in a small increase in the
wave intensity. The influence of the Reynolds number on the wave
intensity does not seem to be as strong as that of the Mach number.
Furthermore, for the considered Reynolds number range, the
Reynolds number does not significantly influence the wave speed, as

it is depicted in Fig. 17b. The small deviation in the wave speeds
shown in Fig. 17b might be explained by the small deviation in the
Mach number.

B. Wave/Shock Interaction

For higher flow Mach numbers, the supersonic region on the
suction side of the airfoil is terminated by shocks, as shown in
Figs. 18 and 19. Figure 18 presents two shadowgraphs of an
experiment for a Mach number of 0.76 and a Reynolds number of
1:0 � 106. In Fig. 18a, a lambda shock, typical for a laminar shock/
boundary-layer interaction, can be seen. Time-resolved shadow-
graphs of this experiment show a strong wave/shock interaction in
which the shock for short periods of time is altered and degenerated
into compression waves, as depicted in Fig. 18b. It might be
interesting to further investigate this phenomenon tofind outwhether
it can be controlled and used to attenuate the shock and thus reduce
the wave drag. The first numerical simulations performed for a
simple wave/shock interactionmodel indicate that the time-averaged
shock intensity can be reduced by the wave interaction.

Figure 19 shows a schlieren picture for an experiment with aMach
number of 0.80 and a Reynolds number of 3:4 � 106. Here, a large
supersonic region visible by a field ofMach lines and terminated by a
cambered shock can be clearly seen. At this Reynolds number, the
boundary layer upstream of the shock is turbulent so that no lambda
shock forms. The strong shock causes a significant flow separation,
as seen in Fig. 19. A dark region is also observed immediately
downstream at the midheight of the shock. A corresponding colored
schlieren picture (not shown in this paper) indicates that this region
represents an expansion region. The expansion region might be
formed by the observed strong wave/shock interaction or, more
likely, by the shock shape itself. Because of the cambering of the
shock, the shock part ahead of the dark region can be considered as a
normal shock with the highest pressure jump. To adjust this high-

Fig. 16 Mach number dependence of wave intensity (left) and wave speed (right).

Fig. 17 Reynolds number dependence of wave intensity (left) and wave speed (right).

Fig. 15 Influence of the Mach and Reynolds numbers on the wave

structure: a) Ma1 � 0:67 and Re� 2:0 � 106, b) Ma1 � 0:72 and

Re� 2:0 � 106, and c) Ma1 � 0:72 and Re� 3:0 � 106.

ALSHABU AND OLIVIER 2071



pressure region to the lower-pressure regions adjacent to the normal
shock part, the flow has to expand in this region. Moreover, one
notices that the upstream propagation of the waves is hindered by the
shock. The waves can only propagate around the shock in the
subsonicflowfield.At the sonic line separating the subsonicflowfield
from the supersonic flowfield, the waves generate weak pseudo-

upstream-moving waves in the supersonic region, as depicted in
Fig. 20. In the supersonic part of the flowfield, the wave-induced
disturbances are certainly traveling downstreamwith respect to flow.
Finally, no significant Mach and Reynolds numbers dependence of
the wave frequencies was found in the investigated range of flow
conditions.

IV. Conclusions

Time-resolved shadowgraphs and schlieren pictures clearly reveal
the existence of upstream-moving waves. These waves start near the
trailing edge and/or in the wake and propagate upstream.
Approaching the leading edge, the waves become apparently
weaker and almost disappear. For higher Mach numbers, large
supersonic regions terminated by shocks hinder the direct upstream
propagation of the waves. In this case, the waves pass around the
shock in the subsonic part of the flowfield. Depending on the shock
strength, a strong wave/shock interaction can be observed in which
the shock is attenuated and degenerated into compressionwaves. The
wave generation is coupled with vortex generation in the boundary
layer. These vortices propagate downstream and interact with the
trailing edge and the wake, causing the waves to initiate. Small
supersonic pockets located on the top of each vortex seem to be
responsible for the wave generation. Thus, the vortex generation in
the boundary layer plays amajor role in the wave generation process.
Time-resolved pressure measurements show pressure fluctuations
caused by the preceding wave processes. For the considered flow
conditions, Fourier analysis of the pressure histories reveals two
predominant frequencies in the range between 0.7 and 1.5 kHz.
Using two-point cross correlation, the wave speed and wave
propagation direction are determined. As expected, the wave Mach
number is just above 1, which shows that with respect to flow, the
waves propagate slightly faster than the speed of sound. Within the
investigated range of flow conditions, the wave intensity primarily
depends on the Mach number and is less dependent on the Reynolds
number. Moreover, the determined wave speed relative to the airfoil
model increases with increasing Mach number and exhibits no
significant Reynolds number dependence. Finally, the obtained
wave frequencies show noMach andReynolds numbers dependence
in the investigated range of flow conditions. The preceding wave
processes are very interesting for the aerodynamics of airfoils. First,
these waves could influence the laminar-turbulent transition in the
boundary layer, because they represent pressure gradients traveling
toward the leading edge. Second, the observed wave/shock
interaction in which the shock attenuates and degenerates into
compression waves might open new possibilities for reducing
wave drag.

Fig. 19 Schlieren picture showing a wave/shock interaction;

Ma1 � 0:80, Re� 3:4 � 106, and �� 0deg.

Fig. 20 Schematic drawing of wave propagation in the sub- and

supersonic flow regions.

Fig. 18 Time-resolved shadowgraph showing wave/shock interaction; Ma1 � 0:76 and Re� 1:0 � 106; time delay between the pictures is 0.26 ms.
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